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Summary

A parametric study has been conducted in the
Langley 16-Foot Transonic Tunnel on an isolated
nonaxisymmetric fuselage model that simulates a
twin-engine fighter. The effects of aft-end closure dis-
tribution (top/bottom nozzle-flap boattail angle ver-
sus nozzle-sidewall boattail angle) and afterbody and
nozzle corner treatment (sharp or radius) were in-
vestigated. Four different closure distributions with
three different corner radii were tested. Tests were
conducted over a range of Mach numbers from 0.40
to 1.25 and over a range of angles of attack from —3°
to 9°. Solid plume simulators were used to simulate
the jet exhaust.

An analysis of the results of this study indicates
that for a given closure distribution in the range of
Mach numbers tested, the sharp corner nozzles gener-
ally have the highest drag and the 2-in. corner-radius
nozzles generally have the lowest drag. The effect
of closure distribution on afterbody drag is highly
dependent on configuration, plume simulation, and
Mach number. Except at high subsonic Mach num-
bers, the nozzles with the top and bottom terminal
boattail angle (B; (o /bot) 0f 17.3° and sidewall termi-
nal boattail angle (3 sqe) of 9.7° generally have the
lowest drag for the plume-on configurations, whereas
the nozzles with ﬁt,top/bot = Bt gide = 16.4° generally
have the lowest drag for the plume-off configurations.
The nozzles with B 1o, 10t = 15.0°/Btside = 22.4°
generally have the highest drag. However, the noz-
zles with B gqe = 0° have the lowest drag in the
range of Mach numbers (approximately between 0.90
and 0.95) where the pressure recovery on the surfaces
of the other nozzles is not sufficient to produce drag-
reducing positive pressures. Further trade studies are
necessary to determine which range of Mach numbers
is most mission critical in order to choose the most
beneficial closure distribution. All the nozzles had
lower drag with the solid plume simulators installed
(simulating a fully expanded jet exhaust) than with
them removed (simulating a nonoperating jet).

Introduction

The mission of the next generation of fighter air-
craft will dictate a highly versatile and maneuver-
able vehicle that is capable of operating over a wide
range of flight conditions. These aircraft require
variable-geometry nozzles that change the aft-end
shape, closure (the ratio of nozzle exit area to maxi-
mum fuselage cross-sectional area), and local boattail
angle continuously throughout the operating range of
Mach number, angle of attack, and engine pressure
ratio. As demonstrated by test results, many stud-
ies have shown the importance of minimizing adverse

interference from propulsion exhaust-system integra-
tion. (See refs. 1 to 3.) In these studies the after-
bodies of various aircraft, which accounted for only
a small portion of the total aircraft, produced 38—
50 percent of the total aircraft drag. These studies
examined axisymmetric nozzles at cruise operating
conditions with boattail angles of 15° to 20°. Cur-
rent interest in nonaxisymmetric nozzles led to the
study of twin-engine configurations with rectangular
afterbodies and nozzles that achieved aft-end closure
with large, variable boattail angles of the upper and
lower nozzle flaps with the nozzle sidewalls having a
small or 0° boattail angle (ref. 4). These results indi-
cated that the best subsonic/transonic performance
was obtained with nozzles having terminal boattail
angles between 7.8° and 20°.

In order to obtain the required aft-end clo-
sure and maintain the recommended boattail an-
gles, nozzles with nonzero sidewall boattail angles
were investigated. The study reported in refer-
ence b examined three nonaxisymmetric nozzles with
chord boattail angles (8:) of B iop/hot/Beside
11.0°/19.5°,13.5°/13.5°,15.0°/7.5°, and it concluded
that the nozzle with .o, ot = Beside had the
lowest nozzle drag and generally the least unfavor-
able tail interference. Since reference 5 considered
only three nozzles, a more detailed investigation was
warranted.

This paper presents the results of a paramet-
ric study in which aft-end closure distribution (top/
bottom nozzle-flap boattail angle (8 o, /101) Versus
nozzle-sidewall  boattail —angle (8;4qe)) and
afterbody and nozzle corner treatment (sharp or ra-
dius) were varied. Four different closure distribu-
tions (ﬁt,top/bot = 17'9O/ﬁt,side = Oovﬁt,top/bot =
17'3O/ﬁt,side = 9'7Oaﬁt7top/bot = ﬁt,side = 16.4°, and
Bt top/bot = 15.0°/B; side = 22.4°) with three dif-
ferent corner radii (sharp, 1 in., and 2 in.) were
tested. Tests were conducted on an isolated non-
axisymmetric fuselage model that simulated a twin-
engine fighter. The model was tested in the Langley
16-Foot Transonic Tunnel over a range of Mach num-
bers from 0.40 to 1.25, Reynolds numbers per foot of
2.25 x 10% to 4.20 x 106, and angles of attack from
—3° to 9°. Solid plume simulators of constant cross
section were used to simulate fully expanded jet ex-
haust.

Symbols and Abbreviations

Al ase base area of solid plume simulator
or nozzle exit (when solid plume is
removed), in’

A nozzle exit area, in?



Amax

seal

Cp,
Cpyp
(ACD,i)plume

Cp

Cp,crit

model fuselage maximum cross-

sectional area, in2

cross-sectional area enclosed by seal
strip at M.S. 33.10, in?

nozzle throat area, in?

nozzle throat aspect ratio, Throat
width/Throat height

corrected axial-force coefficient,
FA/QOO Amax

axial-force coefficient measured by
balance, F4/q¢o0 Amax

drag coefficient measured by balance,
Drag/Qoo Apax

skin-friction drag coefficient on nozzle

pressure drag coefficient on nozzle
with solid plume simulator, computed
by pressure integration

increment in drag due to plume
interference

static pressure coefficient, (p — poo)/¢oo

critical static pressure coefficient
(sonic flow)

chord of model support strut

sum of skin-friction drag on cen-
terbody section from M.S. 33.10 to
M.S. 41.27 and on solid plume, when
present, 1bf

equivalent diameter of nozzle exit, in.

equivalent diameter of model fuselage,
in.

corrected axial force, positive when
measured in streamwise direction, Ibf

axial force measured by balance, 1bf
nozzle exit height (see fig. 3), in.
nozzle length, 9.5 in.

free-stream Mach number

local static pressure on nozzle, psi

average static pressure on solid-plume-
simulator base or nozzle-exit base, psi

average static pressure at external seal
at metric break (M.S. 33.10), psi

average internal static pressure, psi

Poo
oo

We

Be
B
Subscripts:

plume off

plume on

side

top/bot
Abbreviations:

B.L.
M.S.

W.L.

free-stream static pressure, psi
free-stream dynamic pressure, psi
local corner radius, in.

nozzle exit width (see fig. 3), in.

distance from nozzle connect station
(M.S. 41.27) along model longitudinal

axis, in.
local half-width of nozzle, in.

lateral distance from model centerline,
in.

lateral distance of local corner-radius
center from model centerline, in.

local half-height of nozzle, in.

vertical distance from model center-
line, in.

vertical distance of local corner-radius
center from model centerline, in.

angle of attack, deg
chord boattail angle, deg
terminal boattail angle (see fig. 3), deg

solid plume simulator removed (blank-
ing plate installed)

solid plume simulator present
nozzle sidewall

top and bottom nozzle flaps

buttline, measured laterally from
model centerline, positive to right

model station, measured aft from
model nose, in.

waterline, measured vertically from
model centerline, positive up

Apparatus and Methods

Facility

This investigation was conducted in the Langley
16-Foot Transonic Tunnel, which is a continuous-
flow, single-return, atmospheric wind tunnel with a
slotted octagonal test section and continuous air ex-

change.

The wind tunnel has a continuously vari-

able airspeed up to a Mach number of 1.30 with test-
section plenum suction used for speeds above a Mach



number of 1.05. A complete description of the facil-
ity and operational characteristics can be found in
reference 6.

Model Design and Support System

The model tested, which was an isolated non-
axisymmetric fuselage that simulated a twin-engine
fighter, was mounted on a sting-strut support as
shown in figure 1. This type of support system was
chosen to minimize the effects of the support system
on the afterbody flow. The model consisted of four
parts: the forebody from M.S. 0.00 to M.S. 33.10,
the centerbody from M.S. 33.10 to M.S. 41.27, the
nozzle from M.S. 41.27 to M.S. 50.77, and the solid
plume simulator from M.S. 50.77 to M.S. 62.15. Pho-
tographs of the model and support system installed
in the Langley 16-Foot Transonic Tunnel are shown
in figure 2.

The parameters selected for study were afterbody
and nozzle corner radius and nozzle closure distri-
bution (top/bottom nozzle-flap boattail angle ver-
sus nozzle-sidewall boattail angle). Model design be-
gan by specifying the maximum cross-sectional area
(fuselage centerbody). Typical of twin-engine mod-
els previously tested (refs. 4 and 5), a 5.00-in-high
by 10.00-in-wide rectangle was chosen with corner
radius as the parameter to be varied. Three dif-
ferent forebody/centerbody combinations were de-
signed with corner radii of 0.05 in. (sharp), 1 in.,
and 2 in. with a maximum cross-sectional area of
the fuselage of 49.99 in?, 49.12 in?, and 46.57 in?,
respectively. For each corner radius, the center-
body (M.S. 33.10 to M.S. 41.27) had a constant
cross section. Three forebodies were then designed,
one to join smoothly with each of the three center-
bodies. The most aft section of each forebody had
the same dimensions and corner radius as its corre-
sponding centerbody and was faired forward by de-
creasing cross-sectional area and corner radius to a
sharply pointed conical nose. To minimize strut in-
terference on the metric portion of the model, fore-
body length was chosen so that the metric break was
at least one equivalent fuselage diameter (that is,

df = 2v/Amax/m) downstream of the strut trailing
edge.

To establish a criterion for the model afterbody
and nozzle closure (the ratio of nozzle exit area to
maximum fuselage cross-sectional area), typical cur-
rent twin-engine fighters (e.g., the F-15 and F-18)
were examined. These aircraft have a ratio of com-
bined (dry power) nozzle throat area to maximum
fuselage cross-sectional area (2A4:/Amax) of about
0.11. For the previously chosen maximum cross-
sectional area of approximately 50.00 in?, this ratio

gives a nozzle throat area of 2.75 in? per engine. A
nozzle expansion ratio (A./A;) of 1.15 was chosen
as being typical of a nozzle at transonic flight, thus
giving a combined nozzle exit area of 6.33 in%. All
nozzles were designed with this exit area except for
the nozzles with zero sidewall boattail angle, which
had an exit area of 6.88 in? to allow for an internal
longitudinal stiffener for structural considerations in
a nozzle with internal flow.

Previous studies (e.g., ref. 4, which was also con-
ducted in the 16-Foot Tunnel at Mach numbers sim-
ilar to those of the present investigation) indicated
that to maintain attached flow, the boattail angles
should not exceed 20°. Nozzle length was chosen to
be 9.50 in. (measured from the nozzle-to-centerbody
connect station at M.S. 41.27) so that this maximum
boattail angle criterion would be met for most of the
closure distributions. To minimize support system
interference in the region of interest, the length of
the centerbody was chosen so that the beginning of
the nozzle boattail would be greater than two equiva-
lent fuselage diameters downstream of the strut trail-
ing edge. This results in an overall model length of
approximately 60 in., which is typical of 1/12-scale
twin-engine fighter models tested in the 16-Foot Tun-
nel. A sketch of the nozzle geometry is shown in
figure 3.

With the centerbody and nozzle exit areas de-
termined, four fuselage closure distributions (top/
bottom nozzle-flap boattail angle versus nozzle-
sidewall boattail angle) shown in figure 4 were se-
lected: zero sidewall boattail angle (3 gige = 0°) from
which ﬁt,top/bot = 17.9° and AR = 14.49 are derived;
equal top/bottom nozzle-flap boattail and nozzle-
sidewall boattail angles (ﬁt,top/bot = B side = 16.4°)
which gives AR = 5.76; and two additional closure
distributions where 3; 1., pot = 17.3% Bt gide = 9.7°,
and AR =9.23 and S o, /pot = 15.0°, Bt gide = 22.4°,
and AR = 3.28. A nozzle with each closure distribu-
tion was then mated to each of the three centerbod-
ies (sharp, 1-in., and 2-in. corner radii) to complete
a matrix of 12 nozzles. The most forward section
of each nozzle had the same dimensions as its corre-
sponding centerbody. In the case of the 1-in. and 2-
in. corner-radius nozzles, the corner radius decreased
along the nozzle length to a value of 0.05 in. (sharp)
at the nozzle exit. The sharp-corner (0.05 in.) noz-
zles maintained this corner radius along the entire
length of the nozzle, and therefore they are described
completely in figure 3. Cross-sectional coordinates
of the 1- and 2-in. corner-radius nozzles tested are
given in table 1. The coordinates z, yg, and zp in
table 1 were measured from the wind tunnel model,
and the corner radius R was computed from these
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coordinates. The apparent discontinuity in corner
radius is an artifact of this calculation and is not ev-
ident in the model.

To simulate fully expanded jet exhaust (except
for the jet entrainment effects), a solid plume sim-
ulator having a constant cross section of the same
dimensions as the nozzle exit was employed. (See
fig. 2(b).) The solid plume simulator extended down-
stream four equivalent diameters of the nozzle exit
(that is, d. = 2y/A./7). Solid plumes have been
verified as reasonable approximations of the fully ex-
panded exhaust plume of axisymmetric nozzles at an
angle of attack of 0° (ref. 7). To determine the ef-
fect of the solid plume simulator on flow over the non-
axisymmetric nozzles of this investigation, a blanking
plate was substituted for the solid plume simulator
at the nozzle exit (plume off) as shown in figure 2(a).
Because of structural considerations, the configura-
tions with the solid plume simulator were tested only
at an angle of attack of 0°.

Since the aft end is the region of interest, only the
model aft of M.S. 33.10 was metric (mounted on the
force balance). A clearance gap (metric break) was
provided between the nonmetric and metric portions
of the model at M.S. 33.10 to prevent fouling of the
components upon each other. A flexible plastic strip
inserted into circumferentially machined grooves in
the components on either side of the metric break
impeded flow into or out of the model cavity. The low
coefficient of friction of the plastic strip minimized
restraint between the metric and nonmetric portions
of the model.

Instrumentation

Forces and moments on the metric portion of the
model (aft of M.S. 33.10) were measured by a six-
component strain gauge balance that had an accu-
racy of £1.25 1b in axial force and 4 1b in nor-
mal force. Five static pressures were measured in
the gap at the metric break (M.S. 33.10) external to
the plastic seal strip. These pressure orifices were
spaced about the right side of the model perime-
ter on the forebody. An additional two pressures
were measured inside the model cavity at the met-
ric break. These pressures were measured with indi-
vidual pressure transducers, each with an accuracy
of £0.013 psi. Ten static pressures were measured
that were spaced on the right side of the solid-plume-
simulator base. When the solid plume simulator was
removed, the nozzle exit was sealed by a blanking
plate, and five static pressure orifices were spaced
across the width of the nozzle exit to measure the
exit base pressure. These base pressures were mea-
sured with electronically scanned pressure modules
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with an accuracy of £0.075 psi. These pressure mea-
surements (external seal, internal cavity, and base)
were then used to correct axial force measured by
the balance for pressure-area tares as discussed in
the “Data Reduction” section.

One hundred and ten static pressure orifices were
located on the left side of the nozzle in 12 longitu-
dinal rows as described in figure 5: four rows (42
orifices) on the upper (or “top”) nozzle flap, three
rows (28 orifices) on the lower (or “bottom”) nozzle
flap, and four rows (40 orifices) on the nozzle side-
wall. Individual orifice locations for each nozzle are
given in table 2. All model pressures were measured
with electronically scanned pressure modules with an
accuracy of £0.075 psi, and the modules were located
in the (metric) model afterbody. Data obtained dur-
ing each tunnel run were recorded on magnetic tape
and were reduced with standard data reduction pro-
cedures. For each data point, 50 samples of data were
recorded over a period of 5 sec and were averaged.

Tests

This investigation was conducted in the Langley
16-Foot Transonic Tunnel at Mach numbers from
0.40 to 1.25, Reynolds numbers per foot of 2.25 x 106
to 4.20 x 10%, and angles of attack from —3° to 9°.
As recommended in references 8 and 9, all tests
were conducted with a 0.125-in-wide boundary-layer
transition strip consisting of No. 120 silicon carbide
grit sparsely distributed in a thin film of lacquer.
This strip was located 1.0 in. from the tip of the
forebody nose.

Data Reduction

Corrections. The strain gauge balance, which
was mounted on the model centerline, measured the
forces and moments due to the external flow field on
the portion of the model (external and internal) aft
of M.S. 33.10. In order to achieve the correct axial
force, the axial force measured by the balance must
be corrected for pressure-area tare forces acting on
the model. The internal pressure at any given set of
test conditions was uniform throughout the inside
of the model; thus, no cavity flow was indicated.
The external and internal pressure tare forces on the
model were obtained by multiplying the difference
between the average pressure (external seal, base,
or internal pressures) and free-stream static pressure
by the affected projected area normal to the model
axis. Axial force was computed from the balance
axial force with the following relationship:



Fy= FA,bal + (pes - poo)(AmaX - Aseal)

+ (pz - poo)Aseal - (pbase - poo)Abase - Df (1)

where the first term (F41,,1) includes all pressure
and viscous forces on the model aft of M.S. 33.10.
The second and third terms account for the forward
seal rim and the interior pressure forces at the metric
break, respectively. A negative differential pressure
acting at the metric break, which is forward of the
balance center (see fig. 1), causes a thrust tare. The
fourth term accounts for the pressure forces on the
base of either the solid plume simulator or the nozzle
exit when the solid plume simulator is removed. A
negative differential pressure acting at the plume or
nozzle base, which is aft of the balance center, causes
a drag tare. The last term (Dj) is the sum of the
skin-friction drag on the centerbody section from
M.S. 33.10 to M.S. 41.27 and on the solid plume
simulator when present. The skin-friction drag of
all components was computed using the method of
Frankl and Voishel (refs. 10 and 11) for compressible
turbulent flow on a flat plate. The exact calculation
method is described in detail in reference 11. An
example (nozzle 10 with solid plume simulator) of
the relative sizes of each of the terms in equation (1)
is presented in coefficient form in chart A. Also

presented in coefficient form is the balance accuracy
(£1.25 1b).

The adjusted forces and moments were then
transferred from the body axis of the metric portion
of the model to the stability axis. The attitude of
the metric afterbody relative to gravity was deter-
mined from a calibrated attitude indicator located in
the (metric) model centerbody. Angle of attack «,
which is the angle between the afterbody centerline
and the relative wind, was determined by applying
a flow angularity term to the angle measured by the
attitude indicator. The flow angularity adjustment
was 0.1°, which is the average angle measured in the
Langley 16-Foot Transonic Tunnel.

Calculations. The plume-interference drag in-
crement was defined as

(ACD,i)plume = (CD)plume on — (CD)plume off (2)
where (Cp)plume on 18 the measured nozzle drag for
a given nozzle with the solid plume simulator on,
and (Cp)plume off 18 the measured nozzle drag for the
same nozzle with the solid plume simulator off (noz-
zle exit blanking plate installed). Hence, this inter-
ference increment represents the interference effects
of the solid plume simulator on the nozzle.

Nozzle boattail static pressures were integrated
to determine nozzle pressure drag C'p , for the noz-
zles with the solid plume simulator installed. Since
successful pressure integration is dependent on the
density of the pressure taps, only the pressures on
the upper quadrant of the nozzle, which contains 72
of the 110 orifices, were used for the pressure drag in-
tegration. This was a reasonable approach since the
nozzle was symmetric about both the vertical and
horizontal axes, and all data for these configurations
(plume on) were obtained at a nominal angle of at-
tack of 0°. If an individual pressure measurement was
bad (from a plugged orifice, for instance), a pressure
from the corresponding location on the bottom of the
model was substituted where possible. An example
of the grid used to divide the nozzle area is shown in
figure 6. The axially and normally projected areas
and the wetted area of each panel were computed,
and the panels were then assigned to a pressure ori-
fice with each panel area multiplied by 4.0 to account
for the entire nozzle. From an examination of the
pressure data, which will be presented in the “Dis-
cussion” section, it was determined that pressures
changed rapidly along the length of the nozzle boat-
tail, but they were fairly constant laterally across the
nozzle flap or sidewall (except near the corners). An
attempt was made to assign a panel to a given orifice
based on this knowledge of the pressure distribution.

(See fig. 6.)

Chart A
My C4 C 4 bal First term | Second term | Third term Cpy Accuracy
0.402 0.0179 0.0392 —0.0064 —0.0182 —0.0269 0.0236 +0.0180
.900 .1650 1871 —.0066 —.0158 —.0212 .0209 +.0055
1.202 2417 2847 —.0085 —.0198 —.0051 .0198 +.0044




Presentation of Results

The results of this investigation, including re-
peated conditions, are presented in both tabular and
plotted form. Table 3(a) presents an index of the
configurations tested, and table 3(b) presents an in-
dex to the data presented in tables 4 to 21 and in
figures 7 to 17. No data are presented for nozzles 1
and 4 (see table 3(a)), and for some nozzles, only the
plume-on data or only the plume-off data are pre-
sented. Data for these configurations, as well as data
at some Mach numbers for the other configurations,
were compromised because of instrumentation prob-
lems encountered during testing. In cases where the
data from an individual orifice in a key location were
bad (for example, a plugged orifice), the pressure dis-
tribution was faired with a dashed line estimating the
shape of the distribution.

Discussion

Basic Data

Pressures. Static pressure coefficients on the
nozzle boattail and the effect of the solid plume
simulator (when available) are shown in figure 7
at Mach numbers of 0.60, 0.90, and 1.20. Data
for other Mach numbers may be found in tables 4
to 21. The external flow over all nozzle surfaces
having a nonzero boattail angle (which excludes the
sidewalls of nozzles 5 and 9) exhibited a strong
expansion at the beginning of the nozzle boattail.
This expansion was strong enough to produce a
region of supersonic flow for My, > 0.70 or My, >
0.80, depending on the boattail angle of the nozzle
surface. At the lower subsonic Mach numbers, the
initial expansion was followed by a strong pressure
recovery as the flow continued downstream. This
strong pressure recovery was sufficient to produce
positive pressure coefficients which, when acting on
the aft-facing nozzle boattail, decreased the drag on
the nozzle.

If the initial expansion was strong enough to pro-
duce supersonic flow and the minimum pressure co-
efficient in the expansion was much less than Cj, .,
the region of supersonic flow terminated in a stand-
ing shock. Downstream of the shock, flow separation
probably occurred as indicated by the suddenly re-
duced slope or flattening of the pressure recovery.

The external flow over the sidewalls of nozzles 5
and 9 (Bigde = 0°, see figs. 7(g) to 7(i) and 7(r)
to 7(t), respectively) exhibits a weak expansion and
pressure recovery at subsonic Mach numbers. The
expansion is sufficient to produce local supersonic
flow at My, > 0.875 (as shown in the data tables).
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At My, = 0.60, the downstream pressure recovery
is generally sufficient to produce positive pressure
coefficients. The pressure orifices located along the
top/side corner are in a region where the boattail an-
gle is transitioning from the top nozzle-flap boattail
angle to f3;gqe = 0° and therefore pressures mea-
sured at this orifice row follow the same trends as
pressures along a nonzero boattail angle surface.

The shape of the pressure distributions is consis-
tent between the top and bottom nozzle flaps. How-
ever, at M, = 0.60, the initial expansion is generally
slightly stronger on the top nozzle flap than on the
bottom flap although the pressure recovery is gener-
ally similar. At My, = 0.90 the situation is reversed
(a slightly stronger initial expansion on the bottom
flap than on the top). Since the pressure gradients
are steep at the beginning of the nozzle boattail,
the pressure orifices may not be placed at the ex-
act location of the maximum expansion. Therefore,
the observed expansion-strength differences between
the top and bottom flaps may actually be expansion-
location differences. Since these differences are small,
only the pressures from the top quadrant were used
in the pressure integration, as was discussed in the
“Data Reduction” section.

Keeping in mind the limitations of orifice loca-
tion discussed previously, one would expect that the
strength of the initial flow expansion over the nozzle
boattail and the following pressure recovery would
be strongly dependent on the boattail angle of the
surface, but this is generally not the case. Examine,
for example, the pressure distributions in figures 7(a)
and 7(b) (nozzle 2 with Bt top bot = 17.3°/ Bt gide =
9.7°). At My = 0.60 (fig. 7(a)), the expansion on
the top and bottom nozzle flaps is much stronger
than on the nozzle sidewalls, as would be expected
since By top /bot > Bt sides but at Moo = 0.90 (fig. 7(b))
the expansion on the nozzle sidewalls is stronger.
Also, nozzles 3, 7, and 11 (figs. 7(d) to 7(f), 7(m)
to 7(o), and 7(x) to 7(z), respectively), which have
Bitop/bot = Prside = 16.4°, have different pressure
distributions on the top and bottom nozzle flaps and
nozzle sidewalls.

At all but a few locations, nozzle pressure coeffi-
cients are higher with the solid plume simulator in-
stalled than with it removed (nozzle exit blanking
plate installed). The shape of the pressure distribu-
tion is generally unaffected. Notable exceptions are
pressure distributions over the bottom flaps of noz-
zles 5, 11, and 12 at My, = 1.20 (figs. 7(i), 7(z),
and T(cc), respectively). In these cases, the sepa-
rated flow downstream of the standing shock behaves
differently for simulated plume-on and plume-off



conditions. The reasons for this difference are not
known. As was noted in reference 7, solid plume
simulators are reasonably effective at duplicating the
effects of the exhaust plume of axisymmetric nozzles
operating at design conditions. Therefore, the nozzle
pressures with the solid plume simulators installed,
compared with the nozzle pressures with the solid
plume simulators off, should correspond to an operat-
ing and nonoperating jet, respectively. Nozzle boat-
tail pressure coefficients were observed to be higher
with an operating jet than with a nonoperating jet
in the investigations of references 5, 12, and 13. The
external flow over a nozzle with a nonoperating jet
(solid plume simulator off) must expand over the noz-
zle boattail to fill in the large base region at the noz-
zle exit. This expansion acts to lower pressures on
the nozzle boattail. When the jet is operating (solid
plume simulator on), this expansion of the external
flow is reduced, thus increasing boattail pressures.

Nozzle drag characteristics. The various
component drag coeflicients for each of the nozzles
tested are presented in figure 8 as a function of free-
stream Mach number. The left-hand plots show a
comparison of several computed components of to-
tal drag: skin-friction drag on the nozzle (Cp )
(from M.S. 41.27 to M.S. 50.77); pressure drag on
the nozzle with the solid plume simulator (Cp ;) ob-
tained from pressure integration; and the drag in-
terference increment due to the solid plume simula-
tor ((ACD ;)plume) (When data are available for both
plume-on and plume-off cases). The right-hand plots
show a comparison of the drag measured by the force
balance C'p with the sum of C'p r and Cp,. The
plume-interference increment was not included in this
summed drag coefficient because the effect of the
plume is to change the nozzle boattail pressures, and
therefore it is already included in the integrated pres-
sure drag coefficient. Similarly, wave-drag coefficient
(for My, > 1.0) was not determined separately since
it is also included in Cp ,,.

Figure 8 clearly shows that pressure drag is the
largest contributor to nozzle drag at all Mach num-
bers by exhibiting the classic sharp rise in drag co-
efficient as subsonic Mach number increases above
My = 0.70, and then the decrease in drag coeffi-
cient as Mach number continues to increase super-
sonically. As expected, the skin-friction drag coeffi-
cient was small and remained nearly constant across
the range of Mach numbers tested. The plume-
interference increments were negative and were fairly
constant over the range of Mach numbers tested.
Negative plume-interference increments would be ex-
pected from the previous discussion of the pressure
distributions. Since the boattail pressures are lower

in the absence of the solid plume simulator, higher
drag occurs for plume-off configurations.

An examination of the right-hand plots of fig-
ure 8 shows that the sum of pressure drag coeffi-
cient and skin-friction drag coefficient (both of which
were computed as described in the “Data Reduc-
tion” section) is generally higher than the total after-
body drag C'p measured by the force balance. Dif-
ferences between the measured and computed drag
coefficients are much larger at the lower Mach num-
bers (as much as 125 percent of the measured drag
coefficient). As with any attempt at pressure in-
tegration, the number of pressure orifices is finite,
and care must be taken in assigning an area to each
pressure in regions of rapid pressure changes. Since
there is greater uncertainty in computing drag coef-
ficient using pressure integration, the parameter Cp
(the drag coefficient measured by the force balance)
will be used to compare configurations in subsequent
discussions.

Effect of Corner Radius

Figures 9-12 present the effect of afterbody and
nozzle corner radius for each boattail closure dis-
tribution with the solid plume simulator installed.
Part (a) of these figures shows the measured (by
the balance) drag coefficient as a function of Mach
number, and parts (b) to (d) (parts (b) and (c) of
fig. 12) show the boattail static pressure distribu-
tions. Note that the longitudinal rows of pressure
orifices are at different spanwise locations for the dif-
ferent nozzle corner radii, as was shown in figure 5.
Because of data availability, a complete comparison
of the three corner radii can be made only for the noz-
zles with closure distribution of 5y ., /hot = Bt side
(fig. 11) at subsonic Mach numbers. The effect of
corner radius on drag was generally less than 0.015
in Cp between any nozzles of a given closure dis-
tribution. However, an important point to recall is
that C'p is an afterbody drag coefficient that is non-
dimensionalized by maximum fuselage cross-sectional
area instead of an aircraft drag coeflicient that is
nondimensionalized by wing area. Therefore, after-
body drag coeflicients are approximately an order of
magnitude larger than aircraft drag coefficients.

In general, for the range of Mach numbers tested,
the sharp-corner nozzles have the highest drag and
the 2-in. corner-radius nozzles have the lowest drag.
A notable exception is the nozzles with 3 gqe = 0°
(fig. 9) at supersonic speeds where the 1-in. corner-
radius nozzle (nozzle 5) had the lowest drag. (Sharp-
corner-radius data are not available for this closure
distribution.) The reason for this exception is not
known. The observed effect of corner radius on
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drag is expected since any differences between the
top flap pressures and sidewall boattail pressures
can be equalized more easily by flow traveling from
high-pressure to low-pressure regions around a large
corner radius.

The pressure distributions for the nonzero boat-
tail angle nozzles generally support this expecta-
tion. For example, on the nozzles with 53, i, 10t =
17.3°/ Bt gide = 9.7° at M = 0.60 (fig. 10(b)), the
pressures in the initial expansion region exhibit a
smooth transition from the top flap to the sidewall
on the 2-in. corner-radius nozzle, but they exhibit a
sharp jump between the top flap and sidewall on the
sharp-corner nozzle. Downstream in the pressure re-
covery region, the pressure levels are similar for all
the orifice rows on each nozzle despite the apparent
lack of pressure equalization around the corner of the
nozzle in the initial expansion region. At M, = 0.90
and 1.20 (for example, figs. 10(c) and 10(d), respec-
tively), the pressure distributions indicate a highly
complex flow field with shocks and separation regions
that form at different streamwise locations on the dif-
ferent nozzle surfaces.

In contrast, the pressure distributions at M., =
0.60 on the nozzles with 3, 4. = 0° (fig. 9(b)) behave
differently. The far outboard row of orifices on the
top flap (which are in the corner region of the noz-
zle for x/l < 0.3) and the row of orifices along the
top/side corner have pressures in the initial expan-
sion region that transition between those on the top
flap and the sidewall, as would be expected. How-
ever, this trend is not continued through the pres-
sure recovery region farther downstream. Pressures
for the top/side corner row do not recover to the
level of either the top flap or the sidewall pressures,
although those on the 2-in. corner-radius nozzle re-
cover better than those on the 1-in. corner-radius
nozzle. Since the change in boattail angle from 17.9°
on the top/bottom nozzle flaps to 0° on the sidewalls
is the most severe in this investigation, a vortex could
form on the nozzle corner. The severity of this vortex
would be mitigated by the larger corner radii, which
is consistent with the observed pressure trends.

Figure 13 presents the effect of angle of attack on
the measured (by the balance) afterbody drag coeffi-
cient for the various corner radii with the solid plume
removed. Drag coefficients for plume-on configura-
tions (tested only at o = 0°) are presented for refer-
ence as solid symbols. Generally, the nozzle with the
lowest drag at & = 0° had the lowest drag across the
angle-of-attack range tested. As with the plume-on
configurations, the 2-in. corner-radius nozzles gener-
ally had the lowest drag.
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Effect of Closure Distribution

Figures 14 to 16 present the effect of closure dis-
tribution for each nozzle corner radius with the solid
plume simulator installed. Part (a) of these figures
shows the measured drag coeflicient as a function
of Mach number, and parts (b) to (d) (parts (b)
and (c¢) of fig. 14) show the static pressure dis-
tributions. As before, complete comparisons are
not always possible. For certain corner radii at
some Mach numbers, closure distribution has little
or no effect on measured drag such as the sharp-
corner nozzles at My, < 0.70 (fig. 14(a)) or the
1-in. corner-radius nozzles at My, > 1.20 (fig. 15(a)).
The drag of the sharp-corner nozzles seems to be the
least sensitive to closure distribution, but only data
from the two nozzles with the least extreme closure
distributions (8 1op/bot = 17.3°/Btside = 9.7° and
Bt top/bot = Btside = 16.4°) are available. When clo-
sure distribution does have an appreciable effect on
drag, the nozzles with f; ., /10t = 17.3°/ Bt gide =
9.7° generally have the lowest drag and the nozzles
with B top /bot = 15.0°/8; gide = 22.4° generally have
the highest drag.

A notable exception occurs for 0.90 < M, <
0.95 with the 1- and 2-in. corner-radius nozzles
(figs. 15(a) and 16(a), respectively) where the noz-
zle with B;gqe = 0° has the lowest drag. Note,
however, that data for the closure distribution of
Bt top bot = 17.3°/ By gide = 9.7° are not available for
the 1-in. corner-radius nozzle. An examination of the
pressure distributions for these nozzles at Mo, = 0.90
(figs. 15(c) and 16(c)) shows little effect of closure
distribution for the pressures on the top or bottom
nozzle flaps except in the strength of the initial ex-
pansion. However, this is not the case on the nozzle
sidewalls. As was discussed previously, the flow over
the nozzle sidewalls on the nozzles with f; g4, = 0°
exhibits neither the strong initial expansion nor the
strong downstream pressure recovery seen for the
nonzero boattail angle surfaces. At the lower sub-
sonic Mach numbers, the strong downstream recov-
ery on the nonzero boattail angle surfaces is sufficient
to produce positive pressures that apparently offset
the drag produced by the low pressures in the ini-
tial expansion region. At the higher subsonic Mach
numbers, the pressure recovery on the nonzero boat-
tail angle surfaces is not strong enough to produce
positive pressures, and thus all the nonzero boattail
angle surfaces contribute to drag. The sidewalls of
the nozzles with 3 gq. = 0° have no aft-facing area
for the pressures to act on, and thus they do not con-
tribute to the pressure drag on the nozzle. Therefore,
the nozzles with 3; 4. = 0° tend to have the lowest



drag in the range of Mach numbers where the pres-
sure recovery on the surfaces of the other nozzles is
not sufficient to produce positive pressures. Further
trade studies are necessary to determine which range
of Mach numbers is most mission critical in order to
choose the most beneficial closure distribution.

A further examination of the pressure distribu-
tions does not disclose why the nozzles with a clo-
sure distribution of By 1o /bot = 17.3°/Btside = 9.7°
generally have the lowest drag. For example, the
two sharp-corner nozzles (figs. 14(b) and 14(c)) have
nearly identical pressure distributions on the top and
bottom nozzle flaps. This result is expected since the
boattail angle differs only by 0.9°. On the nozzle side-
wall at My, = 0.60 (fig. 14(b)), the notably stronger
pressure recovery for nozzle 3 indicates that the drag
should be lower, especially since the larger sidewall
boattail angle (8;gqe = 16.4° versus 3 gge = 9.7°)
yields more aft-facing area on which these positive
pressures can act. However, no real difference occurs
between the drag coeflicients of these two nozzles at
this Mach number. (See fig. 14(a).) On the other
hand, at My, = 0.90 where there is a difference in
drag, the differences in the sidewall boattail pres-
sures between the two closure distributions are not
as pronounced (fig. 14(c)) as they are at My, = 0.60.
The sidewall boattail pressures for nozzle 2 are some-
what higher than those of nozzle 3. This can result
in lower drag for nozzle 2 if the aft-facing areas that
these pressures act on are the same; but in fact noz-
zle 2 has less aft-facing area for these pressures to act
on than nozzle 3, thus further reducing the signifi-
cance of this pressure difference. Yet, examination
of figure 14(a) clearly shows that C'p for nozzle 2 is
lower at M., = 0.90.

Figure 17 presents the effect of angle of attack on
the measured afterbody drag for the various closure
distributions with the solid plume simulator removed
at Mach numbers of 0.60, 0.90, and 1.20. The
plume-on drag coefficients at @ = 0° are presented
as solid symbols for reference purposes. For the
2-in. corner-radius nozzles (fig. 17(b)), the nozzle
with the lowest drag at a = 0° generally has the
lowest drag across the angle-of-attack range tested,
as was observed previously. In the high-subsonic
Mach number range (Mo, = 0.90), the nozzles with
Biside = 0° again have the lowest drag. However,
in contrast to the plume-on configurations where
the nozzles with B; ., met = 17.3°/Brside = 9.7°
generally have the lowest drag at M., = 0.60 and
1.20, the nozzles with f;ip/hot = Biside = 16.4°
generally have the lowest drag for the plume-off

configurations. The cause is not clear, even with a
further examination of the pressure distributions.

Concluding Remarks

A parametric study has been conducted in the
Langley 16-Foot Transonic Tunnel on an isolated
nonaxisymmetric fuselage model that simulates a
twin-engine fighter. The effects of aft-end closure dis-
tribution (top/bottom nozzle-flap boattail angle ver-
sus nozzle-sidewall boattail angle) and afterbody and
nozzle corner treatment (sharp or radius) were in-
vestigated. Four different closure distributions with
three different corner radii were tested. Tests were
conducted over a range of Mach numbers from 0.40
to 1.25 and over a range of angles of attack from —3°
to 9°. Solid plume simulators were used to simulate
the jet exhaust.

For a given closure distribution in the range of
Mach numbers tested, the sharp-corner nozzles gen-
erally have the highest drag and the 2-in. corner-
radius nozzles generally have the lowest drag.

The effect of closure distribution on afterbody
drag is highly dependent on configuration, plume
simulation, and Mach number. Except at high sub-
sonic Mach numbers, the nozzles with the top and
bottom terminal boattail angle (8; o, /pot) of 17.3°

and sidewall terminal boattail angle (3 gqde) of 9.7°
generally have the lowest drag for the plume-on con-
figurations, whereas the nozzles with ﬁt,top/bot =

Biside = 16.4° generally have the lowest drag for
the plume-off configurations.  The nozzles with
Bt top/bot = 15.0°/ Bt side = 22.4° generally have the
highest drag. However, the nozzles with 3; g = 0°
have the lowest drag in the range of Mach numbers
(approximately between 0.90 and 0.95) where the
pressure recovery on the surfaces of the other noz-
zles is not sufficient to produce drag-reducing posi-
tive pressures. Further trade studies are necessary
to determine which range of Mach numbers is most
mission critical in order to choose the most beneficial
closure distribution.

All nozzles had lower drag with the solid plume
simulators installed (approximating a fully expanded
jet exhaust) than with them removed (approximating
a nonoperating jet). This result has been noted
previously for nozzles with a flowing jet.

NASA Langley Research Center
Hampton, VA 23681-0001
June 24, 1992
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Chart A

My C4 C 4 bal First term | Second term | Third term Cpy Accuracy

0.402 0.0179 0.0392 —0.0064 —0.0182 —0.00269 0.0236 +0.0180

.900 .1650 1871 —.0066 —.0158 —.0212 .0209 +.0055

1.202 2417 2847 —.0085 —.0198 —.0051 .0198 +.0044




Figure 1. General arrangement of model and support system showing three fuselage cross sections with different
corner radii. All linear dimensions are given in inches.

L-87-06499
(a) Nozzle 7 without solid plume simulator.
Figure 2. Model installed in the Langley 16-Foot Transonic Tunnel.
L-87-06327
(b) Nozzle 7 with solid plume simulator.
Figure 2. Continued.
L-87-06210
(c) Nozzle 2 with solid plume simulator.
Figure 2. Concluded.
Figure 3. Geometry of nozzle with solid plume simulator. Linear dimensions are given in inches.
Figure 4. Closure distributions of nozzles.
Figure 5. Locations of nozzle pressure orifices.
(a) Nozzle upper flap.
Figure 6. Grid used for determining areas for pressure integration.
(b) Nozzle sidewall.
Figure 6. Concluded.
(a) Nozzle 2 with Bt top fbot = 17.3°/ B¢ side = 9-7° and sharp corner at My, = 0.6. C), o5y = —1.290.
Figure 7. Static pressure coeflicient distributions on nozzles at a = 0°.
(b) Nozzle 2 with By o, /hot = 17.3°/Btside = 9.7° and sharp corner at Moo = 0.9. C) iy = —0.188.
Figure 7. Continued.
(c) Nozzle 2 with By (o, bt = 17.3°/Btside = 9.7° and sharp corner at Mo = 1.2. C ey, = 0.279.
Figure 7. Continued.
(d) Nozzle 3 with By o, /hot = 16.4°/ B 5iqe = 16.4° and sharp corner at Mo = 0.6. C oip = —1.290.
Figure 7. Continued.
(e) Nozzle 3 with Bt top fbot = 16.4°/B; ide = 16.4° and sharp corner at Mo, = 0.9. C) 5y = —0.188.
Figure 7. Continued.
(f) Nozzle 3 with Bt top fbot = 16.4°/ B ide = 16.4° and sharp corner at Moo = 1.2. C) 15 = 0.279.
Figure 7. Continued.
(g) Nozzle 5 with S ;o /hot = 17.9°/ Bt side = 0° and 1-in. corner radius at Moo = 0.6. C) iy = —1.290.

Figure 7. Continued.



(h) Nozzle 5 with By o, /hot = 17.9°/ Bt side = 0° and 1-in. corner radius at Moo = 0.9. C criy = —0.188.
Figure 7. Continued.
(i) Nozzle 5 with ¢ iop/hot = 17.9°/Btside = 0° and 1-in. corner radius at Moo = 1.2. C) i = 0.279.
Figure 7. Continued.
(i) Nozzle 6 with f; om0t = 17-3°/Beside = 9.7° and 1-in. corner radius at Moo = 0.6. C) oit = —1.290.
Figure 7. Continued.
(k) Nozzle 6 with Bt top fbot = 17.3°/ B¢ side = 9-7° and 1-in. corner radius at My, = 0.9. C), o5y = —0.188.
Figure 7. Continued.
(1) Nozzle 6 with Bt top fbot = 17.3°/ B¢ side = 9.7° and 1-in. corner radius at My, = 1.2. C), ¢ = 0.279.
Figure 7. Continued.
(m) Nozzle T with By 1o /hot = 16.4°/ B¢ side = 16.4° and 1-in. corner radius at Moo = 0.6. C)p ciy = —1.290.
Figure 7. Continued.
(n) Nozzle T with By o /hot = 16.4°/ Bt side = 16.4° and 1-in. corner radius at Mo = 0.9. C criy = —0.188.
Figure 7. Continued.
(o) Nozzle 7 with Bt top fbot = 16.4°/B; gide = 16.4° and 1-in. corner radius at Mo, = 1.2. ) 54 = 0.279.
Figure 7. Continued.
(p) Nozzle 8 with Bt top fbot = 15.0°/ B¢ side = 22.4° and 1-in. corner radius at Mo, = 0.6. C), iy = —1.290.
Figure 7. Continued.
(q) Nozzle 8 with f; ;o /hot = 15.0°/Bt side = 22.4° and 1-in. corner radius at Moo = 0.9. C) it = —0.188.
Figure 7. Continued.
(r) Nozzle 9 with B o ot = 17.9%/ Bt side = 0° and 2-in. corner radius at Moo = 0.6. C)p ciy = —1.290.
Figure 7. Continued.
(s) Nozzle 9 with B 1o ot = 17.9°/ Bt side = 0° and 2-in. corner radius at Moo = 0.9. Cp it = —0.188.
Figure 7. Continued.
(t) Nozzle 9 with Bt top fbot = 17.9°/ B¢ side = 0° and 2-in. corner radius at My, = 1.2. C), 5 = 0.279.
Figure 7. Continued.
(u) Nozzle 10 with Bt top fbot = 17.3°/ B¢ side = 9.7° and 2-in. corner radius at My, = 0.6. C), o5y = —1.290.
Figure 7. Continued.
(v) Nozzle 10 with By o /ot = 17.3°/ Bt side = 9.7° and 2-in. corner radius at Moo = 0.9. C) it = —0.188.

Figure 7. Continued.



(w) Nozzle 10 with 8¢ ;o /1ot = 17.3°/ B side = 9.7° and 2-in. corner radius at Moo = 1.2. C)p ¢yt = 0.279.
Figure 7. Continued.
(x) Nozzle 11 with By o, /ot = 16.4°/ B side = 16.4° and 2-in. corner radius at Mo = 0.6. C criy = —1.290.
Figure 7. Continued.
(v) Nozzle 11 with By o /ot = 16.4°/ B side = 16.4° and 2-in. corner radius at Mo = 0.9. ) o3y = —0.188.
Figure 7. Continued.
(z) Nozzle 11 with Bt top fbot = 16.4°/B; side = 16.4° and 2-in. corner radius at Mo, = 1.2. C) iy = 0.279.
Figure 7. Continued.
(aa) Nozzle 12 with Bt top bot = 15.0°/B; gide = 22.4° and 2-in. corner radius at Mo, = 0.6. C) iy = —1.290.
Figure 7. Continued.
(bb) Nozzle 12 with By 1, /bt = 15.0°/ Bt side = 22.4° and 2-in. corner radius at Moo = 0.9. € criy = —0.188.
Figure 7. Continued.
(cc) Nozzle 12 with By 1, rhot = 15.0°/ Bt side = 22.4° and 2-in. corner radius at Moo = 1.2. ) criy = 0.279.
Figure 7. Concluded.
(a) Nozzle 2 with Bt top fbot = 17.3°/ B¢ side = 9.7° and sharp-corner radius.
Figure 8. Various component drag coefficients as a function of Mach number at o = 0°.
(b) Nozzle 3 with By /bt = 16.4°/B¢ side = 16.4° and sharp-corner radius.
Figure 8. Continued.
(c) Nozzle 5 with By (o rhot = 17.9°/Btside = 0° and 1-in. corner radius.
Figure 8. Continued.
(d) Nozzle T with By o /hot = 16.4°/ Bt side = 16.4° and 1-in. corner radius.
Figure 8. Continued.
(e) Nozzle 8 with Bt top fbot = 15.0°/8; gide = 22.4° and 1-in. corner radius.
Figure 8. Continued.
(f) Nozzle 9 with Bt top fbot = 17.9°/ B¢ side = 0° and 2-in. corner radius.
Figure 8. Continued.
(g) Nozzle 10 with B¢ 1o /10t = 17.3°/ Bt side = 9.7° and 2-in. corner radius.
Figure 8. Continued.
(h) Nozzle 11 with By 1o hot = 16.4°/ B side = 16.4° and 2-in. corner radius.
Figure 8. Continued.

(i) Nozzle 12 with Bt top fbot = 15.0°/ B side = 22.4° and 2-in. corner radius.



Figure 8. Concluded.
(a) Afterbody drag with plume on.
Figure 9. Effect of corner radius on nozzles with S o, /10t = 17.9°/ B¢ side = 0° at a = 0°.
(b) Pressure distributions at My, = 0.6.
Figure 9. Continued.
(c) Pressure distributions at M., = 0.9.
Figure 9. Continued.
(d) Pressure distributions at My, = 1.2.
Figure 9. Concluded.
(a) Afterbody drag with plume on.
Figure 10. Effect of corner radius on nozzles with B; 1o /10t = 17.3°/ Bt side = 9.7° at a = 0°.
(b) Pressure distributions at My, = 0.6.
Figure 10. Continued.
(c) Pressure distributions at M., = 0.9.
Figure 10. Continued.
(d) Pressure distributions at My, = 1.2.
Figure 10. Concluded.
(a) Afterbody drag with plume on.

Figure 11. Effect of corner radius on nozzles with ﬁt,top/bot = Bt gide = 16.4° at o = 0°.

(b) Pressure distributions at My, = 0.6.
Figure 11. Continued.

(c) Pressure distributions at M., = 0.9.
Figure 11. Continued.

(d) Pressure distributions at My, = 1.2.
Figure 11. Concluded.

(a) Afterbody drag with plume on.
Figure 12. Effect of corner radius on nozzles with B; i, /1,0t = 15°/ Bt side = 22.4° at o =0°.
(b) Pressure distributions at My, = 0.6.
Figure 12. Continued.

(c) Pressure distributions at M., = 0.9.

Figure 12. Concluded.



(a) Nozzle with Bitop/bot = 17.9°B4 ide = 0°.

Figure 13. Effect of corner radius on afterbody drag. Open symbols denote plume off; solid symbols denote
plume on.

(b) Nozzles with Bt top fbot = 17.3°/ B gide = 9-7°.
Figure 13. Continued.
(c) Nozzles with Bt top /ot = Bt side = 16.4°.
Figure 13. Continued.
(d) Nozzles with B; 1o, /pot = 15.0° and S gige = 22.4°.
Figure 13. Concluded.
(a) Afterbody drag plume on.
Figure 14. Fffect of closure distribution on nozzles with sharp corner at a = 0°.

(b) Pressure distributions at My, = 0.6.
Figure 14. Continued.

(c) Pressure distributions at M., = 0.9.
Figure 14. Concluded.

(a) Afterbody drag with plume on.
Figure 15. Effect of closure distribution on nozzles with 1-in. corner radius at o = 0°.

(b) Pressure distributions at My, = 0.6.
Figure 15. Continued.

(c) Pressure distributions at M., = 0.9.
Figure 15. Continued.

(d) Pressure distributions at My, = 1.2.
Figure 15. Concluded.

(a) Afterbody drag with plume on.
Figure 16. Effect of closure distribution on nozzles with 2-in. corner radius at o = 0°.

(b) Pressure distributions at My, = 0.6.
Figure 16. Continued.

(c) Pressure distributions at M., = 0.9.
Figure 16. Continued.

(d) Pressure distributions at My, = 1.2.
Figure 16. Concluded.

(a) Nozzles with 1-in. corner radius.



Figure 17. Effect of closure distribution on afterbody drag. Open symbols denote plume off; solid symbols
denote plume on.

(b) Nozzles with 2-in. corner radius.

Figure 17. Concluded.



